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SUMMARY

Tests of a 12-foot-span wing having l6-percent~thick NACA 66—series
sections, 2:1 taper ratio, and an aspect ratio of 6 have been conducted
in the Langley 16—foot high—speed tumnel at Mach numbers up to 0.69 to
determine the effects of compressibility on the 1ift, pressure, and load
characteristics of the wing.

The meximm 1ift coefficient increases from a value of 1.07 at a .
Mach number of 0.15 to a peak value of 1.135 at a Mach number of 0.25
and a Reynolds number of 3,500,000, then decreases, more repidly at
first, to a velue of 0.895 at a Mach number of 0.50, after which it
' Increases very rapidly to a value of 1.10 at a Mach number of 0.60
(Limit of the maximm-1iPt tests). The increase in maximm 1ift coeffi—
clent at the higher Mach numbers is associated primarily with the
unusually high acceleration of the flow around the sharp leading edge
of the wing and with the rearward movement of the shock formation
on the upper surface of the wing. At the lower Mach numbers serious
losses in maximum 1ift coefficlent were found to result from premature
transition of the laminar boundary layer to a turbulent boundary layer

caused by leading-edge roughness.

No significant changes in span load distribution and root bending—
moment coefflcients occurred throughout the Mach number range for all
angles of attack below the stall. For all Mach mumbers investigated,
the spanwise distribution of normel loads on the wing can be predicted
adequately for most structural purposes. .

The formation of extensive local supersonic—flow regions over the
upper surface of the wing, with peask local Mach numbers as high as 1.75,
caused. the center of pressure to move forward and thereby reduced the
section twisting-moment and root twisting-moment coefficients.”

e e et = e m ———————— . ——
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INTRODUCTION

The significance of the interrelated influence of Reynolds number
end Mach number In analyses of wind-tummel maximm-1ift data has been
known for several years. During tests of a three—dimensionel wing of
NACA 0012 airfoll sections (reference 1) at low Mach numbers (M < 0.37),
pronounced compressibility effects on the maximm 1ift coefficlent were
found in addition to the usual effects of Reynolds number on the maximum
1ift coefficlent. These adverse campressibility effects, which occurred
at relatively low speeds, were associated with the extremely high local
induced velocitles over the wing at high angles of attack and with the
resultant inability of the flow to overcome the adverse pressure gradients.
Similer effects were reported in a previous investigation (reference 2)
of the maximm-l1ift characteristics of typical NACA l6-series propeller
sections to obtain airfoll data applicable to the static—thrust condition.
The results of reference 2 also showed an extremely rapid rise in maximm
1ift coefficient between Mach mumbers of 0.48 and 0.60 for comparatively
thick (15 percent) WACA l6-series sections. The necessity for an under—
standing of this rapid rise in maximm 1ift coefficient with an increase
in Mach mmber is apparent from a consideration of the prediction of wing
loads in hlgh—speed maneuvers.

As a result of the scattered results from wind—bumnel tests (refer—
ences 1 and 2) and flight tests (references 3 and 4) showing the signifi—
cance of both Reynolds number and Mach number in determining the maximm—
1ift. characteristics of airfoils, a comprehensive investigation of a
series of conventional fighter-type wings was undertaken in the Langley
*16-foot high—speed tunnel and the Langley 19-foot pressure tummel. By meens
of tests in both tunnels, it was considered possible that the main
effects of Mach pmmber and Reynolds number on the maximm 1ift coeffi—
cient could be isolated and in that way individually evaluated. In
addition, since the test wings were selected representative of
fighter—type airplanes, important load and pressure date could be
obtained as & corollary to the basic meximm-1ift investigation. The
data obtainable in the Tangley 19-foot pressure tumnel at high Reynolds
number and low Mach number would be useful for predicting landing loads
and landing performence, and the data obtained in the Langley 16—foot
high-speed tunnel at high Reynolds number and high Mach number would be
applicable to high-speed maneuvers.

The Pirst wing in the series to be investigated had a 12-Foot span,
NACA 230-series airfoil sections of verying thickness, a 2:1 taper ratio,
and en aspect ratio of 6, The results of the high—speed investigation
are presented in references 5 and 6, and the results of the low-speed
investigation are presented in reference 7. The results of reference 5
indicate an increase in maximm 1ift coefficient to a peak value of 1.4t6
et a Mach mmber of 0.30 (Reynolds mumber of %,500,000), then & rapid
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decrease from a Mach number of 0.30 to 0.55, and a lower rate of decrease
fram e Mach number of 0.55 to 0.625. The magnitude of maximm 1ift-at
the low-speed peek and the Mach mumber at which it occurred depended on
the Reynolds number; as the Reynolds number was increased, the maximumm
1ift coefficient increased in magnitude and occurred at a lower Mach
number (reference 7). Tt was also shown that the effect of Reynolds
nuber on the maximm 1i1ft coefficient decreased appreciably after the
low—speed peak maximm 1ift coefficlent was reached.

The present paper contalns the results of the hilgh—speed maximum—

1ift tests conducted in the Iangley 16-Ffoot high—epeed tunnel on a 12-Foot—
span wing having 16-percent—thick NACA 66-series sections, 2:1 taper

ratio, and an aspect ratio of 6. In addition to the maximm-1ift
characteristics, high-speed bending-moment, twisting-moment, and pressure
data representetive of present—dey fighter—type airplanes having wings

of similer plan forms and sections are presented.

SYMBOLS

Free—gtream conditions:

corrected alrspeed, feet per second

o

8, speed of sound 1n alr, feet per second

M Mach mmber (Vo/ag)

Po mags density of air, slugs per cubic foot

d, dynamic pressure, pounds per squere foob <%povog>
Po stetic pressure, pounds per square foot

Ho coefficient of viscosity of air, slugs per Poot—second
R, Reynolds number (po8Vo/u,)

Wing geometry: ‘

S wing area, square feet

b w:Lng span, feet

A aspect ratio (b2/S)

ol

mesn chord, feet '(8/b)

spanwise distance measured from plane of symmetry of wing, feet

. e ——— e = ——— — J— P,
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x chordwise distance measured from airfoil leading edge, feet
c airfoil chord at any spanwise statlon, feet
o ‘corrected angle of attack of wing at plane of symmetry, degrees
Force data:
L wing 1ift, pounds
Cr, wing lift coefficlent (I/q,S)
Pressure deta:
P ‘ locel static pressure, pounds per square foot
P pressure coefficient (p_-'_1_>9>
L F)
Por pressure coefficient corresponding to & local Mach number of 1
- 1. '
Cp section normal—force coefficleut f (PI. - PU) d(’—é-) -
' 0
en - - |
—_ sectlon normel-load paremeter
¢ TN
’ c,C y
Cy wing normal-force coefficient A gf =—
o ¢ b/2
CeM root bending-moment coefficlent
iy ‘/_1 Root bending moment
o ¢ b /2 2 gSb
cm:c section pltching-moment coefficient due to normal forces
1 about a line perpendiculer to plane of symmetry and passing
through 25—percent position of root chord
f L 1 x) X
[ Gumm(2-3) o)
Xy distance from leading edge of each spenwise station to line

perpendicular to plane of symmetry and passing 'bhrough
25—percent position of root chord, feet
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C

P N
=2

Cry

section twisting-moment parameter

root twisting-moment coefficient about & line perpendicular

to plane of symmetry and passing through 25-percent
position of root chord

1 cmx @ Root twisting moment
.-2- d(°/2> 9S8

Subscriptse:

L lower surface '

U upper surface

i incompressible

c ccmpress%ble

cr critical

max maximm

MODEL, INSTALLATION, TESTS, AND CORRECTIONS

Model.

Force and pressure tests were conducted in the Langley 16~foot
high—speed tunnel with the test wing mounted on two conventlional support

struts as shown in figure 1.

steel to airfoll section ordinates given in table I. The gecmetric
properties of the wing are as follows:

The test wing was constructed from solid

Span, 6T o« o '« o o o o ¢ o ¢ o 6 o s s s 6 s s 6 s s s s 0 e e e 12
Wing area, s8quare £865 « « « o ¢ ¢ o o ¢ o o 0 o 0 o s s e s e 0. 2k
ASPECt TALIO ¢« o « o o o o o o o o 0 o o s s s v o s s s o s s o o e 6
Tapor TBEIO « o o o o o o o o o o« s ¢ o o ¢ s o ¢ o s o o ¢ o o o o 2:1
Wing 86Ct1ONS « o o o o o o o « o o o o « o o « NACA 66 sories (a = 0.6)
Thickness retio

Root 89CHion, PETCONE « « « o o o « o o o « o o o s o 0 o o oo 16

Tip section, DPETCONt « o o o s o o o o o o s « o s o s o o oo . 16
Design 1ift coefficient

ROOL B82CHION ¢ o ¢ o o o o ¢ o o o 2 o s 2 o o o s o o o o o o s 0.

Tipsection . ¢ ¢« ¢ ¢ o & « o o e e e e s a0 s s s e e 0.2
Sweepback (elong quarter—chord 1ine) degrees e s e s s o s s s s s 3 18
Dihedrel (along querter—chord line), degrees .« « o« « o o o « o o o
Geometric twist %ﬁashout) GOZTOEB « « o o o o o ¢ o o o s o o o o o L. 55
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The left semispan of the wing contained 210 pressure orifices,
35 orifices along the chord at each of six spanwise stations. (See
fig. 2.) The locations of the spamwise stations at 10, 30, 50, 70,
85, and 95 percent of the wing semispan were selected to determine
adequately the span load distribution and yet to minimize the local
Influence of the support struts on the nearby pressure orifices.

During all the tests the wing was frequently inspected and polished
in order to maintein an asrodypamically smooth surface.

Installation

Force_tests.— In order to obtain the basic 1lift data, the wing
was mounted on two conventional support struts. (See fig. 1.) All
pressure orifices were sealed within the wing, end a short fairing cap
covered the pressure—btube exit located at the tralling edge of the
root section of the wing (fig. 2). In addition to the conventional
installation for the basic force tests, the wing was installed inverted
with end without image struts and upright with image struts (fig. 3)
to obtain the tare force and air—stream misalinement corrections as
discussed in reference 8.

Prossure testgs.— An auxiliary counterbalanced floating—tall strut
was installed during tests to determine the pressure distributions
over the wing. (See figs. 4(a) and 4(b).) The pressure tubes were
brought out from the wing through a circuler pipe section mounted
rigidly to the wing apnd then through the floating-tail strut to
mltiple~tube menometers.

Tests

The basic force and pressure data were obtained for a range of
angle of attack from —4° to the stalling angle for Mach numbers from
0.15 to 0.60. At Mach mmbers from 0.60 to 0.69, the power limitations
of the tunnel prevented the attainment of the higher amngles of attack.
The tests were conducted by varying the tunnel speed and meinteining
a constent indicated angle of attack for the lower angle renge (below
10° for the force tests and 6° for the pressure tests). For the
higher angles, the data were obtained by holding a constant indicated
‘tummel Mach mmber and varying the angle of attack in amall increments
to define the stall sharply. Several additional tests were made to
determine the influence of leading-edge roughness (covering approxi—
mately 5 percent of the chord measured along the surface) on the maximm
1ift coefflcient.

The variation of average test Reynolds number with Mach number
for the force and pressure tests is presented in figure 5. Imndividual
curves are presented for the force and pressure tests because these

-
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data were tbtained 4 months apart and differences;in the curves reflect
changes .in atmospheric conditions. A Reynolds number of 7.5 X 10
occurring at a Mach muber of 0.7 (fig. 5) corresponds roughly to full~—
scale operation of present—day fighter airplanes at 40,000 feet altitude.

Corrections

Force tests.— The force data have been corrected for strut tares,
alr—stream misalinement, and wind—tummel wall effects; these factors
are discussed in reference 5. Specifically, the method of reference 8
was used to determine strut tares amnd air—stream misalinement corrections,
end the methods of referemces 9, 10, and 11 were used to determine
angle—of-attack and blockage corrections. The following teble summarizes
the magnitude of the corrections applied to the test data:

Maximm magnitude of
Correction Maximum magnitude correction at
of correction maximm 131t

Alr—stream misalinemsent

Angle—of—attack correction due |
to the Jet-boundary—induced

upwash at the 11ifting lfne, 1.03 1.03
degrees (Amz.z.) ’

Angle—of—attack correction due
to the Jet—-boundery—induced 18 18

streamline curvature,
degrees (Aa.s .C .)

Increment in 1i1ft coeffliciemt
due to struts (ACI.B) 05 Negligible

Lift-coefficient ﬁ.zcrement due .025 .00k

to strut seals —ACLB D

Lift-coefficient increment due
to blockage, percent 1 1
ACL >

- ~—= X 100

Cr,

Mdch number increment due to
to blockage, percent _ 1/2 1/2

(A—Mx 100

i
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Pressure tests.— At the present time no adequate method 1s known
for calculating the wind—btummel wall effects on individual pressure
readings obtained from static—pressure orifices on a relatively large
wing at high speeds. In the analysis of the pressure data, attempts
wore therefore made to correlate the normal forces obtalned from the
integrated pressure meassurements with the 1ift forces obtained from
force measurements. This correlation showed that good agreement between
the pressure and force date was obtelned when the pressure data were
based on & tunnel-empty calibration (force—test data are based on tunnel—
empty celibration) and that recalibrating the tummel to account for the

local effects of the strubs overcorrected the data by about 3% percent.

A1l pressure data presented are therefore based on a tunnel—empty
calibration.

All angle—of-atbtack corrections that were determined for the force—
test data were appllied to the pressure data.

PRESENTATION OF RESULTS

Force tests.— The date obtained In the force and pressure tests
have been corrected to equivalent free-eair conditions and are presented
in standard nondimensional forms convenient for practlical analysils.

The lift—coefficient characteristics are summarized in the form of a
1ift "carpet" presented in figure 6. The abscissas shown on the 1lift
carpet are angle of attack (for M, = 0.20) and Mach mumber (for o = 0°).
Iift curves for constent Mach mumbers other than 0.20 are offset 4° in
angle of attack for each 0.10 change in Mach number; 1ift curves for
constent engles of attack other than 0° are offset 0.05 in Mach number
for each 2° change in angle of attack. In several instances the date
of the 1ift carpet have been replotted to i1llustrate pertinemt 1ift
characteristice and to afford comparisons with other availeble data.

The data of figure T(a), taken from figure 6, permit a comparison of the
experimental and theoretical variation of 1ift coefficient with Mach
number for angles of attack from —4° 4o 12° and show the influence of
the critical Mach mumber in affecting this comparison. The variation
of the 1ift coefficient with Mach number at angles of attack near the
stall is shown in figure T(b); the maximm-1ift-coefficient curve 1s
included to show the limiting conditioms of 1ift. The critical Mach
number curve has again been added to define subcriticel and supercritical
Tlow regions. The critical Mach mmmber used in this paper is that
free—gtream Mach number at which the speed of sound is first reached
locally on the airfoil for a given configuration. Figure 8 shows the
variation of the maximm 1ift coefficlent with Mach number and the
effect of leading—edge roughness on the maximum 1ift coefficient at low
speéds. Flight—test data of reference 12 have been added to figure 8
to permlt a comparison of the tummel results with flight date obtalned:
Tor a similar wing.
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Pressure tests .- Representative pressure distributions obtained at
the mid-semispan station are shown in figure 9 for constent angles of
attack and variable Mach numbers and in figure 10 for constant Mach num-
bers and varieble angles of attack. Contours of constant pressure along
the entire span of the wing are presented for Mach numbers of 0.20, OJLO,

and 0.60 in figures 11 to 13. A comprehensive compilation of the pressure

distributions for all six spanwise stations is presented in reference 13.
In order to provide a caomparison of the maximm-1ift characteristics of
the NACA 230-series wing reported in reference 5 with those of the NACA
66-series wing presented herein, representative pressure distributions
of the two wings are plotted in figure 1k.. The pressure distributions
for the 230-series wing were taken at the W7-percent semispan station.
The chordwlse pressure distributions obtained from measurements over the
left semispan of ‘the wing were integrated to yield the section normal-
force coefficient c, and section pitching-moment coefficient cmx .

1

The spanwise distribution of the section normal-force coefficient is
presented in figure 15 in the form of span load distributions for
representative wing normal-force coefficients for Mach numbers of 0.20,
0.40, and 0.60. Figure 15(a) also contains celculated span load
distributions obtained by the method of reference 1li for a Mach number
of 0.20. The wing normal—force coefficients obtained by the integration
of the span load distributions are presented in figure 16 as a normal—
force carpet. The method of presentation of the normal—force data is
the same as that used for presenting the 1ift data. The variation of
the root bending-moment coefficlent with Mach nmumber, obtained from the
moment of the spen load distributions about the plane of symmetry, is
shown in figure 17 along with the values of root bending-moment coeffi—
cients obtained by integration of the theoretical span load distribu—
tions for a Mach nmumber of 0.20., The section pltching-moment data along
the span have been mresented in figure 18 for representative mormal—
force coefficients for Mach mmbers of 0.20, 0.40, and 0.60. These
data have been presented in the form of a twisting-moment

o :
parameter cmxl(% which 18 referenced to a line perpemdicular to

the plene of symmetry and pessing through the 25-percent position of the
root chord. The integration of these twlsting-moment distributions
yields the wing twisting-moment coefficients ebout the 25-percent
position of the root chord, gnd these integrated coefficlents are
plotted against angle of atbtack in figure 19.

DISCUSSION
Iift and Normal-Force Characteristics

Lift carpet.— The gemeral 1ift end stalling characteristics of the
test wing, as well as certain lift—curve cheracteristics which may be
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associated with 66-series airfoils, are readily discernible in the 1ift
carpet presented in figure 6. Beyond the limit of the low drag range,

o
which is reached at an angle of attack of approximately 5% 5, the 1ift

curve shifts and a decrease in slope occurs. This phenomenon, which is
characteristic of the alrfoil section, is discussed in reference 15

and has been previously reported for a tapered wing in referemce 16.

At Mach numbers above 0.50, the shift or Jog in the 1lift curves tends

to disappear. The elimination of this Jog is associated with the
increased Reynolds numbers which occur at the higher Mach numbers, and,
a8 a result, the extent of the leminar separation near the leading

edge is reduced. The 1ift curve for a Mach mumber of 0.55 has a
decreasing slope which starts at an angle of attack of about 4° and
persists up to 10° ; at angles of attack beyond 10°, the slope of the
1if't curve increases rapidly to approximately 5.7 per radian, a value
considerably larger than the lift—curve slope of 4.8 per radian determined
for the low angle—of-ettack range. ' Iift curves for Mach numbers above
0.55 follow a similar but more pronounced pattern. As will be discussed
in a following section, this initial reduction in lift—curve slope and
the subsequent rapld rise are associated with the build-up of trailing—
edge separation and the formation of extensive regions of supersonic
flow on the forwerd portion of the upper surface of the wing

c son of 1ift and normal—force date.— In general, the 1lift and
normal-force date (£igs. 6 end 16) obtained independently during these
tests show very good egreement, énd any qualitative discussion of
either the 1ift or the normal-force characteristics is directly applicable
to the other. In perticular, however, a comparison of Pigures 6 and 16
does show a marked difference in the vicinity of the stall at low Mach
nurbers. Part of this discrepancy in maximm 1ift coefficient can be
attributed to a difference in the Reynolds number (fig. 5) between the
force and pressure tests. In addition, a varying type of stall at low
Mach numbers was also encountered during several repeat force tests at
& glven Mach number (approximately a given Reynolds number) and is
associated with the extremely sensitive reaction of this type of airfoil
to "epparent” flow changes caused by a veriation in surface conditionms.
Although ettempts were made to maintein an aerodynemicelly smooth
surface at all times, the results at low Mach mumbers near the stall
were probably influenced by surface conditions. This phenomenon will,
however, be of no practical importance because of its occurrence at
low Reynolds numbers only. A typical present—day fighter airplane will
have a landing Reynolds mumber of about 6,000,000, a value which is
above this extremely critical Reynolds pumber range. (A similer phenomenon
wes encountered in a preliminary investigation prior to the main tests
reported in reference 17.)

ariat icient with Mach pumber.— The experimental
rise in 11t coefficient with Mach number shown in figure 7 is compared
with theoretical predictions based on the Glauert—Prandtl theory
modified for a finite span by the method of referemce 18. If the
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two—dimengionel 1ift—curve slope 1s assumed to be 2x, the theoretical
rise in 1ift coefficient due to compressibility is given by: -

Lo ___A+2
Cr, 2+A|/¢.L——_Mo2

The data of figure T show excellent agreement between the experimental
and theoretical variations for.ell subcritical Mach numbers up to an
angle of attack of 12°. As might be expected from the force data, the

essure distributions for a representative engle of attack o = 6.75°
?;13. 9(a)) show no unusual or radical Mach mumber effects. At super—
critical Mach numbers, however, there is a marked disagreement between
the experimental and theoretical curves; a disagreement which increases
in magnitude as the angle of attack is increased and which, because of
its magnitude, Invelidates the use of this extrepolation to predict
even roughly the 1ift coefficient in supercriticel flows. At angles of
attack greater than 12° (fig. T(b)), the approximations inherent in
'bh:}s linearized theory are sufflclently in error to underestimate
eppreciably the magnitude of the 1ift coefficient in subcritical flow
and hence prohibit i1ts use.

In the supercritical region, the variation of the 1ift coefficient
with Mach number for moderate and high angles of atbtack is associated
with the build-up of trailing-edge separation and the formation of
shock on the upper surface of the wing. The decrease in 1lift coeffi—
clent whieh occurs when the critical pressure is exceedsd reaches a
minimm in the Mach number range of 0.50 to 0.60 (fig. T(b)); for a
representative angle of attack of 11.1° the minimm occurs at a Mach
number of 0.55, while for o = 13.2°, 1t occurs at a Mach pumber of 0.50.
An examination of the pressure diagrams (figs. 9(b) and 9(c)) at the

‘corresponding minimm points (M, = 0.55 at o = 11.1° end M, = 0.50

at o = 13.2°), immediately shows that the amount of separation and the
loss in 1lift over the rear portion of the upper surface resulting from
this separation is a megximm at these poilnts and, furthermore, the
positive contribution of the under surfece to the 1lift is a minimm at
these points. After the minimm value of the 1ift coefficient in the
supercriticel reglon 1s rsached, a further increase in Mach number will
result in a very rapld Increase in the 1ift coefficient. At a Mach
mumber of 0.55 and an angle of attack of 13.2° (fig. 9(c)), a well—
established shock 1s evident with a local supersonic region of about
1% percent of the chord and a peak local Mach number of sbout 1.75. A
further increase in Mach number to 0.60 moves the shock* rearward and

extends the local supersonic reglon to aboutb 27!2- percent of the chord.

The increment of 1ift coefficient caused by the local supersonic flow is
Imediately apparent from & consideration of the increased areas under
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the pressure-distribution curves. According to the data of figure 6

it is probable that no further significant increase in 1ift coefficlent
would occur with increasing Mach number for 13.2° angle of attack. The
data of figure 6 show that the angle of attack for maximm 1ift is
13.5° for a Mach mumber of 0.60 and that the engle for maximm 1ift
decreased with increasing Mach mmber. Hence, since 13.2° will be the
angle for maximm 1ift for scme Mach number only slightly in excess

of 0.60, the distribution presented for a Mach mumber of 0.60 is
asgsumed to be sufflciently close to the maximm pressure distribution
for all practical purposes.

For an angle of attack of 11.l°, an extenslive supersonic region
of 22% percent of the vthord is formed when the free—strsam Mech nmumber

is raised from 0.55 to 0.60. This broadening of the local supersonic
region results, as in the case of « = 13.2°, in a rapid rise in 1ift
coefficlent. Surprisingly emough, a slight reduction in separation
occurs with this increase in Mach number.

For an angle of attack of 14°, the date of figure T(b) show a
rapld loss in 1ift coefficient at Mach mumbers exceeding 0.575.
The indicatlions are, therefore, that after the maximm 1ift coeffi-
cient is reached (for a given angle of attack) with a strong shock
present in the flow, a further increase in Mach mmber will result in
e serious loss of 1ift. '

Meximm 1ift coefficient.— The value of the maximm 1ift coeffi-—
cient (fig. 8) increased from & value of 1.07 at a Mach mumber of 0.15
to a peek value of 1.135 at a Mach number of approximately 0.25 (a
Reynolds’ number of 3,500,000). . This Increase of maximm 1ift coeffi-—
clent was essentlally a Reynolds number effect. Beyond a Mach number
of 0.25, the increase in meximm 1ift coefficient with Reynolds number
was counteracted by adverse compressibility effects resulting in a flow
breakdown cheracterized by laminar separation from the leading edge of
the wing and a decrease in maximum 1ift coefficiemt. The wvalue of the
meximm 1ift coefficient continued to decrease until the minimm
attainable critical Mach number of approximetely 0.33 was reached
during the pressure tests. (Because of the varying type of stall at
low Mach numbers and the difference in Reynolds number between the
force and pressure tests, it is quite possible that the minimm
ettalnaeble critical Mach number wes slightly lower during the force
tests.) As the Mach number was further increased, the Forward
pressure pesks broadened and decreased in magnitude; these changes
thereby tended partly to compensate for the continued loss in maximum
1ift and to reduce the rate of decrease of maximm 1lift with Mach
number between Mach numbers of 0.35 and 0.50. After the minimm value
of the maximm 1ift coefficient (0.895) was atteined at a Mach mumber
of 0.50, further increases in Mach number resulted in rapid increases
in maximm 1ift coefficient to a value of 1.10 at a Mach number of 0.60
" (the limit of the tests).
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Flight tests reported in reference 12 for amn airplene having a wing
whose plan form and airfoll sections are very similar to the model wing
produced data which are in very close agreement with the present data.
(See fig. 8.) The flight data were obtained at an altitude of 32,300 feet
under conditiens whereby the flight Reynolds mumber was roughly equal to
the test Reynolds number. The minimum vailue of the maximum 1ift coeffi-
clent for both tests (fig- 8) was approximately 0.9 and occurred at a
Mach number of about 0.50. In each case this minimm was followed by a
rapid rise in maximm 1ift coefficilent which reached a secondery peak
value of 1.095 in the flight tests. Although no secondary peak had been
reéached In the tumnel tests, a comparison of the tunmnel tests with the
flight tests shows that the final maximm 1ift coefficlent of 1.1 obtained
at a Mach number of 0.60 would be very close to the value obtained at the
secondary peak of the test wing.

These maximum-1ift cheracteristics of the 66-series wing are con-
siderably different from those of the 230-series wing discussed in
reference 5. Unlike the 66-series wing the value of the maximm 1if%
coefficient for the 230-series wing decreased with Mach number throughoub
the range of the tests after attalning its peak value at a Mach number
of about 0.30. This marked difference in maximum-lift characteristics
of the wings 1s of extrems importance from structural-design consider-
ations in addition to aerodynamic aspects. The representative pressure
distributions (fig. 14) for both wings show that the build-up and rear-
ward movemsnt of the shock formation, though much more pronounced for
the 66-series wing, is somewhat similar for both configurations. The
most significant difference in the pressure distributions is the location
of the peak points. From figure 1% the pressure peaks for the 66-series
wing are seen to occur within about 1 percent of the chord after a very
rapld acceleratlion around the leading edge. Furthermore, these peak
locations do not vary significantly over the Mach number range. Conse-
quently, as the shock moves downstream along the chord, the highly
negative pressures extend over larger portions of the chord, and the
1ift coefficlent 1s thereby appreclably Increased. In contrast to these
results, the pressure distributions of the 230-series wing (fig. It) show
less rapld accelerations around the leading edge and a peek pressure that
moves downstream as the Mach number is increased. This loss in 1ift in
the vicinity of the leading edge of the 230-series wing overcompensates
for the gain caused by the rearward shock movement and results in a net
decrease in the maximmm 1ift coefficient.

As to the fundamental explanation of the high accelerations around
the leading edge of the 66-series wing, inadequate experimental data
exist from which eny positive conclusions cen be drawn. It is quite
probable, however, that because of the sharpness of the leading edge of
the airfoil a very small, localized separation region is formed on the
upper surface in the vicinity of the leading edge (reforence 19). In
case of such a phenomsnon, the main flow would then turn supersonically
around this region and become reattached to the airfoil surface. The
flow would then be expanded more than s required by the physical
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boundary -and would thus be directed back to the alrfoll surface. This
overexpansion would result in the abnormally high pressure peeks very
close to the leading edge. The flow then undergoes a slight stabilizing
campression prior to the main deceleration shock. The probability of an
overexpansion at the leading edge is also indicated by the fact that

the 66-series wing attained peak local Mach numbers as high as 1.75 as
compared to 1.55 for the 230-series wing.

It is, therefore, apparent that the main difference in maximum-1lift
characteristics at the higher Mach numbers is essentially a leading-edge
effect and that airfoils having sharp leading edges such as the
NACA 66 series will exhibit the rise in maximum 1ift coefficient with
Mach nunmber, whereas airfoils having blunter leading edges such as the
NACA 230 series will not exhibit this rise. '

Leading-edge-roughness tests were made at low Mach numbers to deter-

mine ths effect of the boundary layer upon the maximm 1ift coefficient.
The data of figure 8 show that the condition of the leading edge is of
utmost importance in dstermining the maximum 1ift coefficient and that
serious losses in maximum 1ift will result from premature thickening and
transition of the boundary layer in the vicinity of the leading edge-.
No significant Mach number or Reynolds mumber effect occurred within the
Mach mumber or Reynolds number range of the roughness tests, and thus the
presence of a fully developed turbulent boundary layer wlthout excessive
pressure pesks was indicated. '

Stalling characteristics .- An exsmination of the force data of
figure 6 shows that a discussion of the general stalling characteristics
can be divided into three representative groups: low-speed stall
(M, = 0.20), moderate-speed stall (My = 0.40), and high-speed stall
(Mo = 0.60). In order to trace the build-up and spanwise progression
of the stall, pressure contours for various high angles of attack for
Mach numbers of 0.20, 0.40, and 0.60 have been presented (figs. 11 to 13)
in addition to the pressure distributions for the mid-semispan statlon.
(see fig. 10.)

The low-speed stall (figs. 10(a) and 11) is essentially characterized
by a laminar separation of the flow from the leading edge with a sharply
defined stall and a rapid flow breakdown. The pressure distributions for
various increasing angles of attack (fig. 10(a)) show the progressively
increasing leading-edge peak and only slight Increases In trailing-edge
separation. At an angle of attack of 17.5° , the adverse pressure gradient
was of sufficient strength to cause a sharp flow breakdown at the leading
edge (evidenced by two distributions, one stalled and one unstalled,
at « = 17.5°). Although the stall rapidly covered the entire wing, the

first station observed to stall was located at 1_)% = 0.1 (fig. 11(e)),

and then the stall progressed almost instantanecusly to the mid-semispan
(fig. 11.(f)). Although the stall finally reached the tip, the intensity
was not very severe from S% = 0.8 outboard for this Mach number (0.20)

and all other Mach numbers tested.
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The character of the stall at a Mach mmber of 0.40 (figs. 10(b)
and 12) wes entirely diffevent from thet at a Mach number of 0.20 -
(figs. 10(a) and 11). The maximm 1ift coefficient was attained at
an angle of attack of 13.6°, the 1ift curve having a rounded peek and
only & smell variation in 1ift on either side of the peak (fig. 6).
Stall in this case was caused by a build-up of trailing-edge separation
which gradually extended forward (figs. 10(b) and 12). Stall began
first at the mid~semispan stetion and spread slowly to cover the rest
of the wing (fig. 12). The pressure distribution for an angle of
attack of 17.2° (f£ig. 10(b)), 3.6° beyond the maximm 1ift, though
showing pronounced separation, does not indicate a serlious loss in 1ift.

The high—speed stall (M, = 0.60) occurred sharply after a slight
rounding off of the 1ift curve (fig. 6). Increasing the angle of attack
from 10.0° to 12.8° (fig. 10(c)) resulted in a large increase in the
locel supersonic region and, therefore s In a large increase in 1ift—
curve slope. As the angle of attack was further increased to the stall,
the amount of separation increased and resulted in the rounding off of
the 1lift curve. The stall was probably precipitated by treiling—edge
separation accompanied by a large loss in 1ift when the shock reached
sufficient strength to cause a c ete flow breakdown. The gradual
recompression shown in Figure 10(c) for an angle of attack of 13.5° is
believed to be caused by the shock moving a significant dlstance above
the airfoll over a region of separated flow. In this way, the pressure
discontinuity which may exlst in the free stream will be recorded by the
surface orifices as & gradual compression through the separated flow.
The spanwlse contours of figure 13 show that stall occurred first

at T = 0.5 and progressed inboard and outboard.

b/2

)

Load Distributions

Span load. distributions.—~ The span load distributions for
representative normal-force coefficients for Mach mumbers of 0.20,
0.40, and 0.60 (fig. 15) show no significant shift in load or center of
pressure with Mach number even when strong shock formations are present
on the wing. A comparison of the experimental data with theoretical
calculations based on the method of reference 14 is made at a Mach
nutber of 0.20. The good agreement for all normal-force coefficients
below the stall indlicates that the spanwise distribution of normal
loads can be predicted adequately for most structural purposes.

Root bending-moment coefficients.— The variation of the root
bending-moment coefficient with Mach number for various representative
normel—force coefficients (fig. 17) shows no compressibility effects
and, for all practicel purposes, may be considered constant. The peek
values of the bending-moment coefficient very considerebly with Mach
number and in general reflect the variation of maximm 1ift coefficient
with Mach number. Bending-moment coefficients obtained from the

e - e e, ———
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theoretical span load dlstributions show, as would be expected, very
good agreement with the experimentally determined coefficienmts.

Twisting-moment distributions.— The root twisting-moment distribu—
tions presented in figure 19, in general, show the influence of stall
and shock formation on the wing. Figure 18(a) (M, = 0.20) shows the
progressive build-up of negatlve twisting load at the tip with increasing
normal-force coefficlent. The fact that the tip twisting-moment
parameter is larger than the root parameter indicates that the longer
tip-moment axm from the reference axis to the section center of pressure
has a greater influence on the local twisting-moment parameter than the
larger root chord. The sudden increase in twisting moment at the root
at a normal-force coefficient of 1.00 is attributed to the stall initially

y
occurring at _-b—-é- = 0.1 and to the accompanying rearward movement of

the center of pressure at this station. The essentially flat distribution
for a normal-force coefficlient of 0.72 was obtained after the wing stall
became extensive.

Figure 18(b) presents the twisting-moment parsmeter for a Mach
number of 0,40 and, as in the case of a Mach mumber of 0.20, closely follows
the stall pattern. An irregular increase in the twisting-moment
parameter for a normal-force coefficient of 0.95 occurring at the wing
mid—semispan 1s agaeln attributable to stall. The severity of the stall
increases with increasing angle of attack and can be seen to spread out
Trom the middle of the semispan.

For the high—speed condition, My = 0.60, (fig. 18(c)) the twisting-
moment paramster increases as expected fram Cp = 0.2 to Cyp= Ok, As

the angle of attack is further increased, the stations inboard of éé- = 0.7

show a decreasing twisting-moment parameter which indicates a forwar
movement of the center of pressure. This forward movement of the center .
of pressure is assoclated with the formation of extensive local super—
sonic regions on the forward portion of the upper surface of the airfoil,
as previously discussed. The influence of mid—semispan stall is again
noted and occurs for the 0.915 normal—foree distribution.

Root twlsting-moment coefficients.— The wing root twisting-moment
coefficients presented in figure 19 are referenced to a line perpendicular
to the 25—percent position of the root chord. This point was arbitrarily
selected as a point of interest for the structural design of the wing—
root sectlon and attachment. There is a slight Mach number effect on
the root twisting-moment coefficient for angles of attack below 5° (in
the subcritical range); the effect, however, is much less than that

based on the Glauert factor —-—l——. At angles of attack above 5° , ‘the
1 - M2
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twilsting-moment coefficient for a Mach muber of 0.60 undergoes a large
decrease due to the forward movement of the center of pressure resulting
from the local regions of supersonic flow. The rapid stall at high

speeds 1s again evidenced by the sudden rise of the root twilsting-moment
coefficient at an angle of attack of sbout 13.5°. For Mach mmbers of 0.20
and 0.40, the slopes of the curves of root twlsting-moment coefficient
ageinst angle of attack undergo decreases at the higher angles of attack
corresponding to similar changes in the 1ift curves. The gradual stall

et a Mach number of 0.40 and the sharp stall at a Mach number of 0.20 can
be seen from this figure.

CONCLUSIORS

Tests of a 12-foot—span wing having l6-percent—thick NACA 66-series
sections, 2:1 tapér ratio, and an aspect ratio of 6 have been conducted
in the Langley 16—foot high-speed tumnel up to a Mach mumber of 0.69
and indicate the followling conclusions: X

1. The maximm 1ift coefficient increases from a valwe of 1.0T7 at a
Mach number of 0,15 to a peak value of 1.135 at a Mach number of 0.25
end a Reynolds number of 3,500,000, then decreases, more rapldly at first,
to a value of 0.895 at a Mach number of 0.50, after which it increases
very rapidly to a value of 1,10 at a Mach number of 0.60 (limit of the
maximm-11Pt tests). At the lower Mach muibers serious losses in maximum
1ift coefficlent were found to result from premature transition of the
laminar boundary layer to a turbulent boundary layer caused by leading—
edge roughness.

2. The leading-edge radius has a significant effect on the maximm—
1ift characteristice of alrfoils at the higher Mach numbers. The rapid
rise of the maximm 1ift coefficlent for the NACA 66—series wing is
gttributed primexrily to the unusuelly high acceleration of the flow
around the sharp leading edge of the wing and to the rearwerd movement
of the shock formation on the upper surface of the wing.

3. No significant changes in span loed distribution and root
bending-moment coefficlents occurred throughout the Mach number range
for all angles of attack below the stall. For all Mach nunbers
investigated, the spanwise distribution of normel loads on the wing can
be predicted adequately for most structural purposes.

4, Extensive local supersonic—flow reglons are formed over the
upper surface of the wings peek locel Mach numbers of about 1.T5 are
ob'baineg. for a free—stream Mach numwber of 0.55 and an angle of attack
of 13.2%, ' )

Nt < s
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5. The effect of the formation of the extemsive local supersonic—
flow regions over the upper surface of the wing is to move the cemter .
of pressure forward and reduce the sectlon twisting-moment and root
twisting-moment coefficients for glven normel—force coefficlents.

Langley Aeronautical Laboratory
National Advisory Coomittee for Aeromautics
Iangley Field, Va., April 12, 1948
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TABLE I
ATRFOIT, ORDINATES OF 66~SERTES WING
[Sta:bions and ordinates are given in percent of airfoil chord]
Root section - Tip section
Upper surface Lower surface Upper surface Yower surface
Station |Ordinste | Station|Ordinste | Station |Ordinste Station | Ordinate
0 0 0 0 0 ) 0 0
A3 1.21 57 -1.15 .37 1.24 .63 -1.11
.68 1.46 82 | —1.37 .61 1.50 89 | .32
1.17 1.82 1.33 -1.68 1.09 1.89 1.h1 -1.61
2.41 2.50 2.59 | -2.25 2.32 2.61 2.68 -2.13
k.90 3.50 5.10 ~3.08 4.9 3.70 5.21 -2.87
T.39 4,208 T.61 -3.73 7.28 k.56 “T.72 —3.4h
9.89 h.o7 10.11 .28 9.78 5.31 10.22 —3.93
14.89 6.05 15.11 -5.15 1%.79 6.50 15.21 -4, 70
19.90 6.89 20.10 { -5.83 19.81 T.k3 20.19 | -5.29
24,92 7.55 25.08 -6.34 2,83 -8.16 25.17 | 5.7k
29,93 8.05 30.07 -6.7h 29.86 8.7L 30.1% -6.08
34,95 8.41 35.05 ~7.02 3%.90 9.11 35.10 |.-6.32
39.97 8.63 40.03 | —7.18 39.94 9.36 40.06 | —6.46
4,99 8.73 k5,01 -T7.26 4) .98 9.47 45,03 | -6.52
50.01 8.69 49.99 ~T.22 50.03 9.43 k9.98 -6.48
55.04 8.50 54.96 | —T7.06 55.08 9.23 54.93 | 6.3k
60.07 8.11 59.93 ~6.Th 60.1k 8.80 59.86 ~6.05
65.10 T.46 64.90 | =6.20 65.19 8.08 64.81 | —5.58
70.10 6.52 69.90 | -5.h2 T70.20 T.07 69.80 | —4.86
75.09 5.43 Th.91 4,50 75.18 5.89 4.82 ~4.03
80.08 4,23 79.93 | -3.49 80.15 k.59 79.85 —3.11
85.05 2.99 8h.95 2.4 85.11 3.26 84.89 —2.17
90.03 1.76 89.97 =1.h1 90,06 1.94 89.94 | —1.2%
95,01 .68 9k.99 -.52 95.02 .76 ol.98 -3
100 0 100 0 100 0 100 0

Ieading-edge radius = 1.475¢
Slope of radius through lead.:Lng

edge = 0.058

Leading—edge radius = 1.475¢
Slope of radius through leading

edge = 0.117

O
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Figure 1,- Leading-edge view of test wing mounted on normal support struts,
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Figure 3.- Downstream view of test wing mounted on normal and
image support struts.
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(a) Downstream view,

Flgure 4.- Test wing mounted for pressure tests.
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(b) Upstream view,
Concluded.

Figure 4.~
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